An inverse method for supersonic wing design has been developed. The present method is based on iterative "residual-correction" concept. The geometry correction is calculated by solving linearized small perturbation (LSP) equation with a difference of surface pressure distributions as a boundary condition. In the present method, LSP equation is analytically transformed to integrodifferential equations by using Green's theorem. Design results of an isolated wing and wing-fuselage configuration are presented here.
INTRODUCTION
With a recent trend of the worldwide growth of air transportation, development of a next generation supersonic transport (SST) is under consideration in the United States, Europe, and Japan. There have been a few supersonic transport so far, such as, the TU-144 developed by the Soviet Union and the Concorde by the joint of the UK and France. But the TU-144 ceased its regular operation some time before 1985 because of problems with the engines and wing design. Unlike the TU-144, the Concorde continues its commercial service today. From the technological point of view, the Concorde is a great achievement. However, from the economical point of view, the Concorde cannot be said a success. One of its shortcomings is low-speed performance (L/D = 4). Its poor L/D has to be compensated by high fuel burn, which increases the operating cost. To guarantee economic success of the next generation SST, a higher L/D ratio is indispensable. To achieve this goal, a new design technique for supersonic wings is necessary. There were several design methods [1, 2, 3] used for supersonic wings. Most of these methods consider only warp optimization by using the linearized method, however, it is also important to consider wing thickness control to obtain a wing of high performance.
Especially, the thickness control plays an important role, such as, for prevention of the leading-edge separation and for laminar flow control.
In this study, a three-dimensional supersonic wing design method that can determine both the warp and thickness at the same time is developed. The present method is extended from Takanashi's inverse design method [4] used for the transonic wing design. Takanashi solved the inverse problem by using the integral form of the transonic small perturbation equation with "residual-correction" concept. This paper will discuss the mathematical formulation of the present method and show two design results. One is for an isolated-wing configuration and the other is for a wing-fuselage combination that is the baseline design of National Aerospace Laboratory's experimental scaled SST.
DESIGN PROCEDURE
The inverse problem in the aerodynamic shape design is to find a geometry that yields a specified surface pressure distribution. The procedure of finding a corresponding geometry in the present method is described as follows. First, a target pressure distribution and an initial geometry are inputted to a design system and then the surface pressure distribution of this initial geometry is obtained by the flow analysis. In this design system, inverse calculation stage is separated from the flow analysis stage. Thus the any type of analysis, even an experiment, can be used for the flow analysis tool. In this study, the Euler/Navier-Stokes solver is used for the flow analysis. From the computed and target pressure distributions, the pressure difference is calculated. Using this pressure difference as a boundary condition, a geometry correction is obtained by solving the linearized small perturbation (LSP) equation. By modifying the initial geometry with the geometry correction, a new geometry is produced. This process will be iterated until ΔCp becomes sufficiently small. Figure 1 
And a pressure coefficient on wing surface and a tangency condition can be written as
where the subscript '±' denote the upper and lower surface of geometry. For brevity, a Prandtl-Grauert transformation is performed and new coordinates denoted with z y x , , are introduced. The transformed equations are written as
The objective of the inverse problem is to find the corresponding geometry that realizes the specified pressure distribution. The most common approach is to solve the partial difference equation (4) with the boundary condition, Eq. (5). But finding an exact geometry at one time is very difficult. In this paper, to develop a more general design procedure with a wide range of application, an iterative "residual-correction" concept is introduced. Suppose the solution of Eq. (4), φ( , , ) x y z , for the initial geometry is given and the perturbation,
x y z , is occurred to this known flow. After some algebraic manipulations, the governing equation and boundary conditions of this method become
However, the governing equation (7) is still field expression. It requires many endeavors to solve this P.D.E directly. In the present method, this difficulty is eliminated by applying Green's theorem [5, 6] to Eq. (7). The solution of governing equation (7)
, is expressed in the integrodifferntial form as
[( ( , , ) ( , , )) ( , , ; , , )] 
By solving Eqs. (13) and (16) with the boundary conditions Δu s and , the geometry terms and can be obtained. As defined in Eqs. (15) and (18), and represent the derivatives of thickness and camber correction, respectively.
The integrated value for the thickness correction, however, does not guarantee to satisfy the closure condition at trailing edge. In this paper, Δw s are modified to satisfy the closure condition. Modifications are performed according to the following equation:
where l is local chord length and dx is chord length divided by number of panels at each spanwise location.
The geometry correction can be computed by performing the numerical integration in the x direction. 
DESIGN RESULTS

Isolated-wing configuration
The planform used in this three-dimensional wing design problem is shown in Fig. 3 
Wing-fuselage combination
The planform used in this wing-fuselage combination design problem is shown in Fig. 5 . This planform is the 3-rd baseline configuration of the NAL SST program. For the inverse computation, the half span of wing is divide into 82 panels in spanwise direction and 50 panels in chordwise direction. Target pressure distribution is specified to have the elliptical load distribution to minimize the induced drag. The upper surface of target pressure distribution is designated to keep the laminar boundary layer as long as possible. Figure 6 shows comparison of surface pressure distributions at four spanwise sections among the target, initial, and designed wings after 8 design iterations. Though pressure distributions of designed wing doesn't perfectly coincide with target pressure distributions, they become very close to target pressure distributions. In Fig. 7 , the spanwise load distribution of target, initial and designed wings are plotted. As seen in Fig. 7 . the load distribution of designed wing coincides with that of target almost perfectly.
CONCLUSION & FUTURE WORK
In this study, Takanashi's transonic inverse design method is extended to supersonic wing-fuselage design. Once target pressure distributions are specified, the corresponding wing configuration can be found by the present inverse design method with Euler/Navier-Stokes solvers. Design results confirmed the validity of this method.
To use this design method effectively, the target pressure distribution must be selected carefully.
All design objectives should be translated into the target pressure distributions. The determination of an optimal target pressure distribution [8] will be studied in future for the supersonic cases. 
